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ABSTRACT

This paper demondrates a new tool for analyzing an ablating materia exposed to an aeroheating
environment. Thistool isthe result of the coupling the thermd andysi's capabilities of the Charring
Materid Ablation (CMA) finite difference code with the Maneuvering Aerotherm Shape Change Code
(MASCC). MASCC represents the state-of-the-art in efficient aerothermal heeting andlyss. The code
uses the axisymmetric analogy and solves the integra momentum and energy boundary layer equations
aong streamlines around the body. CMA was integrated into MASCC to provide adetailed 1D in-
depth therma solution with decomposing / charring materids. The surface temperature and ablation
meass flux are explicitly coupled with the flowfield solution. The methodologies used in the new code are
briefly summarized.

The cgpabilities of the Aeroheating and Thermd Anaysis Code (ATAC) are demonstrated with two re-
entry studies. Thefirst sudy compares predictions with data taken for the Apollo program.
Comparison will be made with wind tunndl pressure data, wind tunnel heet transfer data and with
thermocouple data from actua Apollo flights. The second study was the design of the Entry, Descent,
and Landing (EDL) vehicle for the Pascal Probe. Pasca was a proposed program to study the Martian
amosphere. ATAC was used to provide preliminary aerodynamic coefficients and heatshield szing for
the EDL. Comparisons were made with computationd fluid dynamics and Free Molecular calculaions
throughout the reentry flight.

INTRODUCTION

The purpose of this paper is to describe a process for predicting the aerohesting and therma response
of blunt re-entry configurationsin high-speed flows. These predictions are the required inputs to
determine the survivability of a conceptud design and provide a needed evduation of a design without
having to build multiple prototypes for testing and evauation. Theflight regime of mogt interest isthat of
supersonic- hypersonic continuum flow in which the heet flux is sufficient to cause ablaion a some
locations on the surface.



In the padt, flowfield solutions were generated during a specified flight using the Maneuvering Aerotherm
Shape Change Code, MASCC." At specified times, these boundary conditions were applied to a
Charring Materia Therma Response and Ablation Program, CMA? finite difference mode to obtain the
transent thermal response a each of the surface nodes. The effects of changes in the surface
temperature, ablation and pyrolysis mass fluxes, and the shape of the vehicle were not included in the
andysis unless the user modified the MASCC input and re-ran the flowfidd solutions. Thiswould
require alarge number of CMA solutions to mode the surface response and would be very labor
intensive. The Aerohesating and Thermal Analysis Code (ATAC)® combines MASCC and CMA to
provide an efficient and cost effective procedure for incorporating these effects into athermal andysis.
The methodologies used in ATAC are briefly described in the following sections.

FLOWFIELD ANALYSS

ATAC includes a completely generd three-dimensond flowfied solver that uses semiempirica
procedures to determine the flowfield on missile configurations. The code offers sgnificant efficiency
advantages for design purposes over computationd fluid dynamics (CFD) codes that solve the full
Navier Stokes equations. The hundreds of flowfield and boundary layer solutions that are required to
moded acomplete trgectory, requires only afew minuteswith ATAC. CFD techniques, on the other
hand, would require very fine grids to resolve boundary layers and this would result in extremey long
run times to model the many different flight conditions that must be consdered. Idedly, CFD techniques
can be usad in concert with ATAC to refine specific areas of complex flowfield phenomena and shock
interactions when necessary.

ATAC can be used to caculate the surface heat flux based on the velocity, dtitude, and angle of attack
throughout the flight of interest. The basic inputs needed are the body configuration, angle of attack,
and the freestream conditions. The geometry is described in ATAC with a system of Coon's bi-cubic
patches’. These patches alow genera geometries and facilitate the calculation of the surface
coordinates and gradients a points intermediate to the nodd system. In ATAC, the axisymmetric
andogy is used for the prediction of the flowfied. Using this gpproximation, the axisymmetric equations
for the inviscid and viscous flow are integrated dong various streamlines. An effective radius, or metric
coefficient replaces the radius in the axisymmetric equations.

INVISCID STEAMLINE TRACING

The flowfield solution is performed adong each of the calculated inviscid Sreamlines. The method used
in ATAC to cdculate these sreamlinesis known as the Newtonian gpproximation or the method of
steepest descent. The Newtonian flow model assumes that a stream of particles impinging on asurface
retainsits tangentid component of momentum. Therefore, an ingtantaneous velocity direction at each
point on the body is defined by



v=h" [V, A

By converting vV to a unit tangent vector, the derivatives of the surface parameters with respect to the
greamline arc length may be determined in the following manner. If  is the position vector of some
point on the body, the parametric representation of the body geometry provides i as afunction of the
surface parametersw and u. The unit tangent vector at the point may then be written
f= ar = I dw + fir du (1)
s fwds fu ds

Any two of the three Equations (1) may be solved for dw/ds and du/ds, the dopesin each of the two

surface coordinate directions. This agorithm can be started at any point on the body and integrated
either upstream or downstream.

One of the mogt difficult problems in coupling a shape change procedure with a three-dimensond
flowfidd analysis is an accurate prediction of the environment a each shape change point. With a
greamline tracing procedure, such asthe one used in ATAC, this problem is even more complicated
because the location of the streamlines is difficult to control as the nosetip ablates. The ATAC
procedure begins at the back of the vehicle and traces a streamline forward to the stagnation point. This
assures a reasonable digtribution at the end of the vehicle and diminates the effects of the ablated
nosetip on the streamlines. To provide adequate coverage at the nosetip, a streamline addition
procedure is used which establishes additiona streamlines on the vehicle,

SURFACE PRESSURE

The ATAC code has three options for computing surface pressure distributions on the windward
sreamlines. (1) the Dahm-Love pressure correlations used in ASCC,” (2) a Newtonian pressure
model with modifications for Mach number effects® or (3) amodified Newtonian pressure model for
sharp nosed vehicles.” Pressures on the leeward or shadow regions are calculated using: (1) the
Newtonian approximation (C, = 0), (2) hypersonic small disturbance theory,® or (3) a pressure
correlation for separated flows®  1n genera, the Dahm-Love correlations are used for blunt, short,
gphere-cone geometries. The modified Newtonian modd is used for ogives and other sharp-nosed
configurations.

SHOCK SHAPE

A thin-shock layer integra techniqueis used in ATAC to compute the shock shape. The globa
continuity and axid momentum equetions are cagt in integral form. The globa continuity equation is

given by:
r,upR>=2p ér urdy
0



and the globd axid momentum
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The integrands are assumed to vary linearly between the body surface and shock. The flow properties
behind the shock are related to freestream conditions via oblique shock relations and the equation of
date. With the known pressure distribution dong the wall, together with the assumed integrand
functiond form and behind-the-shock properties, the continuity and axia momentum equations are
solved for shock standoff distance and shock angle. The standoff distance and angle are related by
geometry, which serves as a boundary condition, rendering an dliptic system of equations, which must
be iterated for the standoff distance aong the body. Decoupling the geometry congraint from the system
of equations diminates the iteration. This gpproach resultsin an initid vaue problem. The control
volume for the thin shock layer solution isshown in Fg. 1.
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Figure 1: Control Volume for the Shock Shape Solution

BOUNDARY LAYER TECHNIQUE

The boundary layer scheme employed in ATAC is known as the Momentum /Energy Integra Technique
(MEIT). MEIT has aso been used in the ABRES Shape Change Code, ASCC® and Three
Dimensona Momentum / Energy Integra Technique (3DMEIT) codes and is essentidly the samein all
of these procedures. The current modificationsin ATAC incorporate the latest developmentsin MEIT
and the procedure should be the same as that used in ASCC86 except for the metric coefficient and
differences in the body dopes due to the different geometry specification. In MEIT, the basdine



relaionships are those for C¢ and C,, asfunctionsof Re, and Re; on anincompressible flat plate.

The effects of other phenomena are included as multiplicative factors, caled influence coefficients, which
are gpplied to the basdine expressions. A theoretical judtification for this gpproach is the work of

K utatel adze and Leont’ e/ *° who show that the asymptotic behavior of the shear and hest transfer for
compressible boundary layer flow over aflat plate in the limit of infinite Reynolds number differ from the
corresponding incompressible case by afactor they cal Y, which is exactly the influence coefficient
used in MEIT.

The following three basic equations are solved smultaneoudy in the MEIT procedure:
Integra momentum equiation:

L9 uzg= S [t HO & @
rr us ds 2 I oUs rus ds
Integra energy equation:
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Entrainment reletion:
ryUy Y2 =2rFm, Re, - Zé(rv)wds (4)

The momentum eguation solution dictates the skin friction and momentum thickness upon which the
following phenomena are based: 1) trangtion onsat and location, 2) trangtiond intermittency, 3) surface
roughness effects, 4) turbulent boundary layer shape factors, and 5) entrainment rate. The energy
equation solution dictates the convective heat transfer subject to these five parameters.

The entrainment relation, Eq. (4), provides ameans of determining the boundary layer edge properties
that are essentiad boundary conditions for the solution of Egs. (2) and (3). The boundary layer edge
thermodynamic state is determined by lookup on pressure and entropy in ared-gas Mallier table.
Pressure is known from the inviscid flow solution, and entropy is calculated from consideration of the
bow shock shape and boundary layer mass entrainment. Figure 2 illustrates the method and basis for
the mass balance that leads to Eq. (4).

BASIC BOUNDARY LAYER LAWS

The friction factor and Stanton number are represented by C, | , where the subscript O denotes the

basc laws, x = f for friction factor and x = h for Stanton number. The State of the boundary layer is
shown by the subscript y . Subscript ¢ isused for laminar flow and t for turbulent flow.
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Figure2: Sketch of the Boundary Layer Mass Entrainment Method
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For Pr3 0.6,
a =0.0993¢(°%%%1) /(1 0+ 9.6 Pr)

b =1.954e0273") /(1.0 +0.71Pr)

and for Pr < 0.6,
a = 0.1256el°243%1) /(1.0+ 14.2Pr)

b =2.217e08313) /(1.0 +1.677 Pr)

Boundary Layer Shape and Recovery Factors

Currently, the shape factors employed in MEIT are based on smplistic laws: 1) zero pressure gradient
Karman-Polhausen boundary layer profiles for laminar conditions; 2) (1/n) power profilesfor the
turbulent boundary layer, where nisafunction of Re; and, 3) velocity squared total enthapy ditribution
through the boundary layers.

The boundary layer recovery factor, R, is needed to compute recovery enthapies for heat transfer and

boundary layer reference property evauations. It is defined as.
R 0 hr B he
h.-h

The expressions used to represent the laminar shape and recovery factors are;

H, =3.0201¢ - 0.614
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R =pr¥?

Additiond curvefitsfor the shape factors H and F in turbulent flow were devel oped from parametric
two-layer boundary layer profile caculations that used Couette flow with mixing length theory for the
inner layer and compressble smple wake theory in the outer layer. The recovery factor for turbulent

flowis R, = Pr¥3,

Transgtional and Non |ded Effects

For naturd trangtion, the dependence of the parameters C; /2, Cy,, H, F and R (the recovery factor) on
the boundary layer sate is established via the transtiond intermittency factor. Thisfactor iszeroin
laminar flow, unity in turbulent flow and between 0 and 1 for trangtiond flow. Thetrangtiond
intermittency that is employed in ATAC is based on the work of Persh, according to the interpretation
of Dahn.



Non-ided effects are modded through the use of influence coefficients. These coefficients are factors
that are derived by comparing the convective transfer with the ided flat- plate result for the same
boundary layer state. These factors are generally derived for only one non-ided mechanism a atime,
The MEIT procedure assumes that the Stanton number, C;,, and the friction factor, C; / 2, can be
written as.

2
Cyy = Cx,y,oo Iy forx=h fandy=7,t

where C, o refers to the basic law for incompressble flow dong an impervious, isothermd flat plate, x
indicates heat or momentum trandfer, y indicates laminar or turbulent flow, and z indicates the non-ided
effect being congdered. Current effects moddled in ATAC include acceleration caused by finite
pressure gradients, red gas and Mach number effects, surface roughness, and mass trandfer. A
complete description of these modesis given by Murray.>

CMA TRANSIENT THERMAL ENVIRONMENT

CMA uses an implicit, finite-difference procedure for computing the one-dimensond transient transport
of therma energy in amateria that can ablate from a front surface and decompose in-depth. Figure 3
illugtrates the generd physical problem trested by CMA. Asthe materid is hested, one or more
components of the origind composite meterid pyrolyzes and yields a pyrolysis gas and a porous
resdue. The pyrolyss gas percolates away from the pyrolyss zone. The resdue, for many materids of
interest, is a carbonaceous char possibly reinforced with refractory fibers or cloth.
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Figure 3. Schematic of the general surface energy balance



The in-depth solution procedure is basicdly atransent heat conduction caculation coupled to a
pyrolysis rate caculation and to boundary conditions from the flowfield solution. The coupling with the
boundary conditionsis provided through a surface energy baance solution.

DECOMPOSITION (PYROLY SIS OR CHARRING)

Since many decompaosing materias gppear to behave as three independently pyrolyzing components,
the program uses a three-component decomposition mode! for the surface materids and for any
decomposing back-up materids. Theresn filler is presumed to consist of two components that
decompose separately, while the reinforcing materid is the third component that can also decompose.
The ingtantaneous dengity of the composite is given by:

r=Qra+rg)+{-G)rc

where A and B represent components of the resin and C represents the reinforcing materid, and Gisthe
volume fraction of theresin. Each of the three components can decompose following the relation:

I_r - T
g T St

where r, istheresdud density and r, isthe origind dengty of componenti. Thevaues B, j ., and
E, dong with the above dengties are input parameters for each of the three components of the surface
materia. A separate set of pyrolysis datamay be entered for each decomposing back-up materid.
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IN-DEPTH THERMAL SOLUTION

Thein-depth energy baance equation is written in a coordinate system tied to the receding surface, as
shownin Fig. 4. Inthissystem, the equation becomes:

) _ 1 '” ATTO 0 | Mg Thg
rc == h -
Pyal, Aﬂz 112,2{q g QA{; ¥ Cp ‘ﬂzL iy Tz,

inwhich the individuad terms represent the rate of sengible energy storage, the net rate of thermal
conduction, pyrolysis energy rate, convection rate of sensible energy due to coordinate system
movement, and the net rate of energy convected with the pyrolyss gas.
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Figure 4: Coordinate System for the In-depth Thermal Solution

Theinternd energy equation is computed implicitly for each node, using new temperaturesin the heet
conduction terms. The energy baanceis linked explicitly to the decomposition events, since the
pyrolysis gas fluxes are derived from the explicit decompostion caculation. The energy equetion isaso
linked explicitly to the surface boundary condition through the use of the old recesson rate in all
convection termsinvolving the fluxes of solids. All other linksto the surface events are implicit.

Theimplicit formulation of the in-depth noda energy equations yields a tri-diagond set of equations that
issolved for the unknown temperatures in two passes of direct dimination. Thefirst pass iminates one
unknown from each equation and leaves the equation for the first node with only one unknown, the
surface temperature. This unknown temperature is solved using an iterative procedure in the surface
energy balance. Once thistemperature is determined, the second eimination pass determines the other
unknown nodal temperatures at each of the in-depth nodes.

GENERAL SURFACE ENERGY BALANCE

The events at the heated surface are determined by convective heating and by the surface
thermochemica interactions with the boundary layer gases. Figure 3 illudtrates the energy fluxes of
interest at the surface. The surface energy baance equation employed is of the convective transfer
coefficient type. This energy baance equation takes the following form:
€o (L« _i\.1 u , 4
r eueCH (hr - h%)-'- r eueCM éa. (Zie - Ziw) h Y- Bmw@*”khc + mghg +awqrad - Fs eWTW - qcond =0
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The energy fluxes described in the above equation represent the sensible convective heet flux, the
chemica energy flux, the fluxes entering the control volume from within the solid materid, the net
radiative heat flux, and the energy conducted into the body. From the first pass of the tri-diagond
reduction of the in-depth solution, the conduction term can be expressed as.

qcond = ATW +B

This expresson may be subgtituted into the surface energy baance and yields a non-linear equation in
T, that is solved iteratively by a Newtorn Raphson method.

RESULTS

Calculations have been done for three test cases to demondirate the capabilities of the code. These test
cases are for very blunt reentry vehicles such asthe Apollo capsule and the Pascal Entry, Descent and
Landing (EDL) Module. Thefirgt caseiswind tunne tests on a scae modd of the Apollo capsule.
Pressure and heet flux measurements were taken in Mach 9 flow at JPL and in Mach 10 at AEDC. A
second series of measurements was taken a Langley in Mach 20 flow with helium. The second caseis
aflight prediction for the Apollo re-entry. Thermocouples were used to measure the temperature
response within the Apollo heetshield materid. The third case isthe design of the Pascd EDL module
where ATAC was used to calculate aerodynamic coefficients of the module throughout a Martian entry.

APOLLO WIND TUNNEL TESTS

Surface pressure and heat flux distributions on a sub-scale mode of the Apollo capsule are presented in
Refs. 11 and 12. The Apallo capsuleis avery blunt configuration and these comparisons demongtrate
the code' s ahility to predict the surface pressure on blunt vehicles. These two tests were dso donein
two different gases. Bertin's™ tests were done in air at Mach 9 while Marvin's™ tests were conducted
in hdium at Mach 20. Figure 5 presentsthe ATAC geometry modd for the Apollo capsule. Theflat
facets that are seen in the figure on the left are aresult of the plotting increments used to output the
surface. The actud geometry is continuous across dl of these plot increments. Using afiner plot
increment would produce a smoother surface as shown in the figure on the right. Figure 6 compares the
ATAC pressure prediction with data for Bertin'sreport at a=0 deg. The digtribution isin excdlent
agreement with the measurements. Figure 7 compares the heet flux distribution with datain air at Mach
10. ATAC overpredicts the hesat flux at the corners of the vehicle where the pressure gradients are very
large but overd| the agreement isvery good. Figure 8 shows the predicted pressure distribution in
helium compared with data from Martin. This caculation required a new set of gas propertiesin ATAC
and exercised the new Mallier option in the code. This option dlows the user to input aMollier table
for different gasesingtead of using the air tables that were built into the origind code. Again the
agreement with the experimentd datais excellent. Figure 9 presents the heat flux digtribution in helium.
ATAC overpredicts the flow around the corner but the agreement on the heatshield is till reasonable.
Figures 10 and 11 present the pressure and hesat flux distributions a Mach 20 in helium but at 25
degrees angle of attack. The predictions are in reasonable agreement with the data considering the
complexity of the flow and the proximity of the stagnation point to the corner.
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Figure 12 compares ATAC hest flux predictions with those from BLIMP* and from a compilation of
data by the Johnson Space Center (JSC) at an angle of attack of 25 degrees. The heat flux on the
upper part of the heatshield is underpredicted by ATAC. Thisisaso seenin Figure 11 where the heeat
flux around the stagnation point is lower than the data. On the windward side, the stagnation point
velocity gradient predicted by ATAC creates alarge increase in the heat flux and the heating on the
corner isoverpredicted. Some of thisis due to the step size taken by the streamline tracing over the
windward Sde. Thefirst point away from the stagnation point is dmost a quarter of the nose radius and
can be seen in Fig. 11 asthe linear portion of the curve between §R,=0.72 and 1.0. Thislarge step
makes it impossible for the stagnation hegting logic to obtain a good solution.

APOLLO REENTRY FLIGHT

Pogt flight analysis of the Apollo heetshield performance has been documented in Ref. 13. During this
work, improvements were made in the Boundary Layer Integrd Matrix Procedure (BLIMP) and CMA
to mode the coking phenomenain the Avcoat 5026-39/HC-GP ablator that formed the heatshield of
the Apollo capsule. Comparisons were made with thermocouple measurements, char depth
measurements and char density measurements throughout several Apollo flights. For the present work,
comparisons were made with Flight 202. Thiswas arelaively nonsavere convective hesting
environment with negligible radiaion heeting and amost no recesson. Since the verson of CMA that
was incorporated in ATAC does not have the coking modd, this flight would be a better comparison
with ATAC than the more severe cases where coking was larger factor in the therma andysis.

Tragjectory information was taken from the Postlaunch Report™ and is shown in Figure 13. The
caculation was started at 360,000 feet with anomina angle of attack of 18.75 degrees. The surface
material model used the data provided in Reference 13 without the coking or surface recesson effects.
Comparisons are made with thermocouple data at three locations. All of these were on the plane of
symmetry and are shown in Figure 14. The most severe hegting was a the z=71 in location. Thiswas
near the stagnation point and experienced the highest heating throughout the flight. The second point
was on the axis of symmetry and the third was a z=-71 in which on the opposite end from the
gagnation point. These three points represent the highest, mid-range and lowest hegting points on the
hestshield.

Comparisons with the Apallo thermocouple data and with BLIMP/CMAC predictions at the z=71in
location are shown in Fig. 15. Both BLIMP/CMAC and ATAC were in reasonable agreement with the
data at the 0.05 depth. Both procedures overpredicted the responsein the first 150 seconds.  The
CMAC cdculation predicted that the surface would recede past the 0.05 in thermocouple at 4850 sec
and the solution stopped at that point. At the 0.35 in thermocouple, ATAC was in better agreement up
to 4750 seconds when the thermocoupl e data began to increase and approached the values predicted
by CMAC. Thismay be dueto the start of coking in the char layer. Thez=0.0 in location is shown in
Figure 16. Theresults at this station were Smilar to those at z=0.71 in.
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ATAC overpredicted the initid response at 4400 sec but did areasonable job a the 0.05in
thermocouple. At the 0.2 and 0.4 in depths, the agreement was good up to 4750 seconds and then the
thermocouple data showed an increase that ATAC did not predict. The pesk temperatures at this
location were about 500 R cooler than at z=71 in. The z=-71in results are shown in Figure 17 and
follow the same trend as the other two Stations. Again the peak temperatures are about 500 R lower
than a z=0 in Snce thisis one of the cooler locations on the heatshield.

Figure 18 presents comparisons of the char depth with the CMAC predictions and with char sensor
datafrom Hight 202. The onset of char is determined by the location where the surface materia has
logt 2% of its origina dengity. The materia decomposes very rapidly after char onset. The pyrolysis
region is between 0.05 and 0.2 inches thick throughout the flight. The predictions of the char depth
show the same trends as the thermocouple data. ATAC agrees well with the data up to 4800 seconds
but the predicted progression of the pyrolysis region dows down after this time while the data shows an
increese in the rate.

Temperature and dengity profiles at the z=0.71 in location are shown in Figures 19 through 21. Figure
19 presents the temperature profiles through the surface materia at flight times of 4500, 4700, 5000,
and 5220 seconds. The 4500-second profile corresponds to the first heating pesk in the flight. At
4700 seconds, the heating has decreased somewhat due to the increase in the dtitude. The 5000
second profile is during the cooling as the capsule dows down in the denser air and the 5220-second
profileis a the end of the trgectory data. From the profilesin Figure 19, the cooling that occurs after
5000 secondsiis clearly visible and the surface has cooled completely by the end of the trgjectory data.

The dengty profiles through the surface materid are shown in Figure 20 at the same timesin the flight.
At 4500 seconds, the pyrolysis region lies between 0.05 and 0.09 inches. At 4700 seconds, the
pyrolysis region is between 0.2 and 0.35 inches. The high heet flux of the first heeting peek is driving
the decomposition. At 5000 seconds, the pyrolysisregion is between 0.3 and 0.5 inches. The heating
is less between 4600 and 4800 seconds as the capsul€ sflight carriesit to higher dtitudes. The
pyrolysis zone stops its recesson into the surface materia after 5000 seconds. Figure 21 compares the
predicted recession with the core measurements from the flight. The ATAC predicted char depth was
only hdf of the flight measurement. The CMAC vaue was in much better agreement with the flight
measurements. This difference may be due to the coking phenomena. Theincrease in the dengity
profile near the surface of the CMAC prediction is the result of the coking phenomena Thisincreasein
density and conductivity would increase the conduction of the energy into the surface.

PASCAL ENTRY MODULE

The Pasca Program was a proposed Mars SCOUT Program to measure the therma structure of the
atmosphere. A network of up to 24 weather stations was to be placed on the Martian surface to teke
hourly measurements of the pressure, temperature, humidity and optica depth for 10 Martian years.
ATAC was used in the design of the EDL module that was to place the gations on the surface of the
planet. The Martian aamosphere is primarily carbon dioxide and a Mollier table was developed for
ATAC that would provide the thermodynamic state of the atmospheric gases.



4000

——Fli i
3500 FI!ght 0.0§ in{_|

—&—Flight 0.2 in

—A—Flight 0.4in | |
3000 —ATAC

. L\

1500 /\;/

1000 // m
W2

Thermocouple Temperature (R)

500 1
0 T T T T T T T T T
4300 4400 4500 4600 4700 4800 4900 5000 5100 5200 5300
Time (s)
Figure 17: Comparison with Thermocouple Data at z=-71in
0.9
¢ Flight z=71
0.8 777 Flight z=00 PP
07| 4 Flightz=-71 o
1 l=——ATAC e *
— 06 = —BLIMP/CMAC s .
< 05 — A
Q.
a //—_
_ 0.4 A
© //,__
e
O 03 // A
0.2
0.1
OO T T T T T T T T
4300 4400 4500 4600 4700 4800 4900 5000 5100 5200 5300 5400 5500 5600 5700

Time (s)

Figure 18: Char Depth Comparisonswith Flight Data



3500
\ —4500 sec
—8— 4700 sec
3000
3 —=5000 sec
—4— 5220 sec
— 2500
e
L 2000
5
@
L 1500
e
)
|_
1000
500
o T T T T T T T T T

0.0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0
Distance from Surface (in)

Figure 19: Temperature Profilesin the Surface Material at z=71in

N
o

w
(é]

e s
va
/ /
ol

N w
(6] o
P~——

—4500 sec
—&— 4700 sec
——5000 sec
—a—5220 sec

Density (Ibm/ft3)
= N
1 o

=
o

O T T T T T T T T T
0.0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0

Distance from Surface (in)

Figure 20: Density Profilesin the Surface Material at z=71in



Density (Ibm/ft3)

N
o

w
(31

w
o

25

N
o

=
(6}

=
o

A/_.\A_/’
ad ~&
i ”
!
o /
/
!
< & —— — I
w
™~ -~ rA
S— — - —-/ ,'
~— 7 _ - -
—e— Flight
—ATAC
— —BLIMP/CMAC
0.0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0

Distance from Surface (in)

Figure 21: Comparison of Density Profileswith Data from Hight 202

Figure 22: Proposed EDL Modulefor the Pascal Program



The geometry of the proposed EDL module is shown in Fig. 22. The module congsts of a 70-degree
forecone and an overall diameter of 19.68 inches. The nose radius on the hestshield was 4.92 inches
and the corner radius at the edge of the heatshield was only 0.5 inches. A 4.92-inch cylindrica section
followed the heatshield and the aft end was closed with a sphere with aradius of 9.84 inches. ATAC
was firgt used to evauate the aerodynamic coefficients on the EDL module in the Martian atmosphere.
Comparisons were done to verify the drag prediction of ATAC on this configuration. Figure 23
presents the ATAC predictions and comparisons with other andyss. The trgectory smulation began at
115 km where the flowfield was modded as free molecular (FM) flow. Continuum flow conditions
were determined to sart at 45.72 km. The ATAC flowfield models alow for bridging between free
molecular and continuum flows and the predictions are shown in thisfigure. Predictions by Bdl
Aerospace are dso shown and are in reasonable agreement with the ATAC bridging. Ball’s continuum
prediction did not include viscous effects so the drag due to the wall shear isnot included. The ATAC
solution integrates both pressure and wall shear to determine the drag on the vehicle. Also included in
Figure 23 are CFD predictions by Mike Wright of ELORET. The ATAC predictions are in good
agreement with these CFD vaues.

Since the trgjectory for the Martian entry had not been determined, the flight analys's was done using the
3 DOF trgectory option in ATAC. The option uses the integrated forces on the vehicle asinput into a
Runge- K utta trgjectory solution to determine the flight parameters. Figures 24 and 25 compare the
predicted ATAC trgectory with a6 DOF andysis that used a constant drag coefficient of 1.5. The
parameters for this trgectory were an entry velocity V=7 km/s and an entry angle of —22 degrees. This
was one of the most severe hesting trgectories consdered in the analysis. The agreement is quite good
consdering the difference in the drag coefficients. Figure 26 presents the predicted ATAC drag
coefficient as afunction of the dtitude and compares it with the congtant 1.5 value used in the 6 DOF
code. The predicted drag coefficient isdways larger than 1.5. It Sartsashigh as2.5in the free
molecular region and decreases to about 1.75 at 20 km.

The digtributions of pressure and hest flux over the EDL vehicle are shown in Figures 27 and 28. These
digtributions are shown at the maximum pressure point and the maximum heating point in the trgjectory.
The maximum pressure occurs at 19000 m and the maximum hegting occurs at 28000 m. The pressure
is reasonably congtant over the blunt heatshield. On the Sde wall the pressure drops by a factor of 20
but remains fairly congtant. On the aft closure the pressure continues to drop until it reachesthe
freestream pressure. The heat flux is not constant over the heatshield but shows alarge drop from the
stagnation point. Near the corner, the heat flux increases at the peak heating condition by continuesto
decrease for the peak pressure. On the &ft closure, the heat flux is almost negligible. Figure 29 presents
the predicted wall temperature for the peak heating and peak pressure time. These temperatures are for
a heatshield made of Acusil 2. The surface temperatures are over 2500 K at the stagnation point and
over 1200 K even on the sdewall.
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Thetime higtory of the surface and backwall temperatures at the stagnation point is shown in Figure 30.
The heatshied conssts of 11 mm of Acusil 2 on this part of the vehicle. The surface temperature pesks
near 2400 K but drops rapidly after 25 seconds. The heatshied continues to

absorb the heating as shown by the increase in the temperature at the backwall. Even with thislong
thermal soak time, the backwall temperature does not exceed the design limit.

Contour plots of the surface heat flux and predicted surface temperatures are shown in Figure 31.
These plots dso show that the pressure is reasonably congtant over the heatshield. The gradient in the
heet flux is clearly visble by the change in the contours downstream of the stagnation point.
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To demongrate the efficiency of ATAC, the Apollo flight caculation used 20 patches to describe the
geometry. The actud flight time modeled was 920 sec and 80 CMA solutions were done over the
surface of the vehicle. The calculation required 35.84 seconds on a 1.5 GHz Intel processor.

CONCLUSIONS

A new andytica tool has been developed by combining the 1D in-depth therma analysis technique of
CMA with the three-dimensond flowfied and geometry models of MASCC. The new code (ATAC)
dlows a users to include the effects of ablation, surface temperature, shape change, and pyrolysis gases
in athermd andyds without requiring the extensive amount of labor needed for manudly iterating
between CMA and MASCC. Comparisons with data from Apollo wind tunnel tests showed thet the
code was capable of providing good solutions at zero angle of attack and reasonably good solutions at
25 degrees angle of attack. Comparisons with Apollo flight data aso showed that good agreement with
thermocouple data near the surface. At deeper locations, the predictions were in good agreement in the
early parts of theflight but did not mode the continued recesson of the pyrolysisregion. Thismay be
caused by the lack of the coking modesin the CMA portion of ATAC. Comparisons with CFD



predictions on the Pascal EDL module showed that the code gave good predictions of the aerodynamic
coefficients throughout the entire flight regime. ATAC has been shown to be an efficient and reasonably
accurae tool for thermd anayss.
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NOMENCLATURE, ACRONYMS, ABBREVIATIONS
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reference areg, N
non-dimensond masslossrate, m/r ,u.C,,

specific heat at constant pressure, Jkg-K
friction factor, t ,, /1 ;u2
Stanton number

meass trangfer coefficient

entrainment shape factor, (d - d;)/Q ; radiation view factor
enthalpy, Jkg

recovery enthalpy, Jkg

enthalpy of surface materia, Jkg

enthdpy of pyrolysis gas, Jkg

total enthadpy © h+u?/2, Jkg

wall enthapy, Jkg

shape factor, d”/Q

influence coefficient

therma conductivity, W/m-K

meass flux, kg/s

surface normad unit vector

pressure, N/n?

Prandtl number

conduction heet flux into materia, W/n?

rediation hest flux,, W/n?

wall heet flux, W/nt

radia coordinate, m

Reynolds number

recovery factor; gas constant, Jkg-K

stream length measured from the stagnation point, m
recesson rate in the surface normd direction, m/s
temperature, K

boundary layer flow velocity tangent to surface, m/s
boundary layer flow velocity normd to surface, nv's
tangentia velocity vector, m/s

freestream velocity vector, m/s

shock radid location through which boundary layer edge streamline passes, m

coordinate normd to ablating surface with origin fixed in space, m
coordinate normal to ablating surface with origin fixed to the receding surface, m



Z, diffuson driving potentia
d boundary layer thickness, m
dq’ boundary layer displacement thickness © ¢y1- % Sy . m
Q&

e surface emissvity
q time s
Q boundary layer momentum thickness, m
m viscosty, kg/m-s
r density, kg/n?’

. g ru gh;-ho
F energy thickness © Q G— “dy, m

I eUe ght,e - hw ]

Subscripts
C char property
e boundary layer edge
g pyrolysis gas property
1 laminar flow
t turbulent flow
w wdl



